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THE COMPRESSIBILITY BURBLE AND THE EFFECT OF COMPRESSIBILITY ON
PRESSURES AND FORCES ACTING ON AN AIRFOIL

By JorN Stack, W. F. LiNpsny, and RoBERT E. LITTELL

SUMMARY

Simultaneous atir-flow photographs and pressure-dis-
tribution measurements were made of the N. A. C. A.
4412 airfoil at high speeds to determine the physical
nature of the compressibility burble. The fesis were
conducted in the N. A. C. A. 24-inch high-speed wind
tunnel. The flow photographs were oblained by the
schlieren method and the pressures were simultaneously
measured for 64 stations on the b-inch-chord airfoil by
means of & multiple-tube manometer. Following the
general program, a few measurements of total-pressure
lose in the wake of the airfoil at high speeds were made to
tllustrate the magnitude of the losses involved and the
extent of the disturbed region; and, finally, in order to
relate this work to earlier force-test data, a force test of @
b-inch-chord N. A. C. A. 4412 airfoil was made.

The data presented include the results of pressure-
distribution measurements and force tests for three low
angles of attack for a speed range extending from one-tenth
the speed of sound to speeds in excess of the critical
values at which a breakdown of the flow, or compressi-
bility burble, occurs.

The results show the general nature of the phenomenon
known as the compressibility burble. The source of the
inereased drag is shown to be a compression shock thal
occurs on the airfoil as ils speed approaches the speed of
sound. Finally, it is indicaled that considerable experi-
mentation i8 needed in order to understand the phenomenon.

completely.
INTRODUCTION

The development of the knowledge of compressible-
flow phenomena, particularly as related to aerongutical
applications, has been attended by considerable diffi-
culty. The complicated nature of the phenomena has
resulted in little theoretical progress and, in general,
recourse to experiment has been necessary. Until
recently the most important experimental results have
been obtained in connection with the seience of ballistics,
but this information has been of little value in aero-
nautical problems because the range of speeds for which
most ballistic experiments have been made extends from
the speed of sound upward; whereas, the important
region in aeronautics at the present time extends from
the speed of sound downward. Studies of flow in

nozzles have yielded some valuable results, although
the available data do not appear to allow a reliabel
prediction of the sir-flow phenomena associated with
airfoils. Previous published aeronautical experiments
have generally consisted of measurements of the forces
experienced by airfoil sections and propellers at high
speeds. These data demonstrate that serious detri-
mental flow changes may oceur as speeds approach the
speed of sound but have not shown the character of such
flow changes.

The principal result of the propeller tests appears to
be the establishment of the critical speeds for many
standard blades. The force tests of airfoils have per-
mitted a wider interpretation of the propeller data and
have indicated the effects of certain shape changes on
the value of the critical speed. The theory of Glauert
and Ackeret has been substantiated in fair degree by
girfoil tests for speeds below the critical, but their
theory gives no clue as to any flow changes that niay
occur. This deficiency is important because tests of
both airfoils and propellers have shown the existence
of a critical speed above which resistance to motion
becomes impracticably large. Taylor’s electric ansal-
ogy appears to give the best indication of the speed
at which these flow changes occur but gives little in-
sight into the phenomena.

It therefore appeared that the nature of the flow
changes must be discovered in order to explain the com-
pressibility effects which have been measured in previ-
ous experiments. A research program was outlined to
obtain this information, to establish the limitations of
available theoretical work, and to obtain information
upon which developments of practical significance for
aeronautical applications could be based. The pro-
posed experiments included pressure-distribution meas-
urements for a typical airfoil and flow-visualization
experiments.

Preliminary flow observations by the schlieren
method were originally made for a eylinder and an N. A,
C. A. 0012 airfoil in the N. A. C. A. 11-inch high-speed
wind tunnel. The observations with the airfoil were
correlated with previous force tests and the results
were first shown at the N. A. C. A. Engineering Re-
search Conference in 1934. A more general program
was then formulated that included pressure-distribu-
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tion measurements and schlieren photographs. These
experiments were made in the N. A. C. A. 24-inch
high-speed wind tunnel with an N. A. C. A. 4412 air-
foil section of 5-inch chord. After the main program
had been completed, some additional tests were made
to study the magnitude of the energy losses associated
with high-speed flows; these tests comprised measure-
ments of the total-pressure loss that occurred in the
compression shock, which was shown to exist in the
flow. In order to carrelate the data with previous

-

FIcurE 1—Longliudinal seotion of the N. A. Q. A. 24Inch high-speed wind tunnel.

work, force tests of a 5-inch-chord N. A. C. A, 4412
airfoil were also made. _ o

Most of the experiments were carried out during 1935
and 1936. All the tests were made in the N. A. C. A.
24-inch high-speed wind tunnel. . Some of the outstand-
ing results have been published in preliminary form as
references. 1 and 2.

APPARATUS AND METHOD

The N. A. C. A. 24-inch high-speed wind tunnel
(fig. 1) in which this investigation was conducted is an
induction-type wind tunnel. Compressed air from
the variable-density wind tunnel discharged through an
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annular nozzle located downstream from the test sec-
tion induces a flow of air from the atmosphere through
the test section. Velocities approaching the speed of
sound may be obtained at the test section. The tunnel
is located outside the building that houses the variable-
density wind tunnel. Except for certain modifications
arising from its outside location and its size, the methods
of operation are the same as for the 11-inch high-speed
wind tunnel (reference 3). The essential air passages
are geometrically similer to those of the 11l-inch high-
speed wind tunnel, and the general air-stream charac-
teristics of the tunnel are equivalent to those of the
11-inch tunnel except for the static-pressure gradient,
whiech is zero.

The method for flow observations and photography
is the schlieren method devised by Tépler; the funda-
mental principles are described in reference 4. A
simplified diagram of the apparatus used in these
experiments is given in figure 2. Light from a source
located at C, the principal focus of lens D, emerges
from lens D as a parallel beam, passes through the
converging lens D’, and is brought to focus at E, the

FiGURE 2.—S{mplified dlegram show(ng the schlieren method.

principal focus of lens D’. At E a knife edge is located
so as to cut off most of the light from the source C.
The model B is placed in the parallel beam that crosses
the test section A between the lenses so that its cross
section is perpendicular to the light beam and an image
is formed on the screen F. 'When air passes over the
model, its density, and therefore its optical index of
refraction, change. Thus, portions of the parallel beam
of light are bent and some of the rays that were pre-
viously interrupted by the knife edge now pass over
the knife edge at E to-the screen F or, if desired, to a
photographic plate. The illumination on the screen
then shows regions of varying density.

For these experiments the source light was a high-
intensity spark. Lenses D and D’ are of 5-inch
diameter and 26-inch focal length. The screen F was
replaced by a photographic plate mounted in a standard
8- by 10-inch studio-type camers from which the lens
had been removed. The camera was mounted so that
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the shutter was mnear the kmife edge; photographic
operation was then similar to the methods normally
used in making photographs. Because of the small
diameter of the lenses in relation to the airfoil chord,
it was necessary to use the full field of the lenses; and,
further, because of the curved transparent wall sections
by which the model was supported (described later),
the resulting pictures, particularly near the leading and
the trailing edges of the model, are not of high quality.
The results obtained, however, are satisfactory in that
they illustrate clearly the type of phenomenon which
oceurs.

The pressures acting on the airfoil were measured by
means of a multiple-tube photorecording manometer
deseribed in detail in reference 5. The manometer
contains 60 tubes arranged in a semicircle with a neon
light parallel to the tubes located at the caenter of the
semicircle. Photostat paper is drawn from a roll,
located at the back of the manometer, around the tubes;
and the exposed lengths of paper are drawn up on
another roll also located at the back of the manometer.
A mechanism for automatic remote control is contained
within the manometer. During the tests three manom-
eter liquids were used: mercury for high speeds,
tetrabromoethane (specific gravity, approximately 3)
for medium speeds, and alcoho} for low speeds.

The N. A. C. A. 4412 rectangular airfoil of 5-inch
chord and 30-inch span consists of a brass center section
of 1-inch span and durelumin end pieces. Fifty-four
holes are arranged in two rows, one-fourth inch apart,
along the upper and the lower surfaces at the center of
the brass section. These holes were connected to the
menometer by small brass tubes led out through two
large duets in the lower surface of the duralumin end
pieces of the model. The ducts were closed by dur-
alumin covers shaped to the contour of the airfoil. The
brass center section and the duralumin end pieces were
bolted together and all joints were carefully made to
preserve the contour and fairness of the model. A more
detailed description of this model is given in reference 5.

Mounted for tests, the airfoil extended through the
tunnel walls and was supported in carefully fitted cellu-
loid end plates that preserved the contour of the tunnel
wall. The model was originally designed for tests in the
variable-density wind tunnel where the supporting
system is such that the bending stresses at the center of
the model resulting from lift loads are small. For some
of the tests in the high-speed wind tunnel, it was neces-
sary to provide auxiliary bracing to support the lift
loads because of the inherent structural weakness of the
model at the center section. This bracing consisted of
cables secured at the quarter-chord point of the airfoil
approximately 6 inches out from the center on either
side and fastened to the tunnel wall. These cables

appear in some of the schlieren photographs as dark
lines extending outward from the airfoil approximately
perpendicular to the lower surface; they should not be
confused with the compression shock.

The operation of the apparatus was controlled from
outside because of the large rate of pressure change
within the tunnel chamber as the air speed was rapidly
varied. The test procedure consisted in first increasing
the speed to the desired value by & motor-driven valve
in the compressed-air supply line; the speed was meas-
ured by an outside mercury manometer connected to
calibrated static plates. The camera shutter, which
wasoperated by an electromagnet, was then opened and,
at a signal immediately following, the electric circuit for
the manometer light and the source light in the schlieren
apparatus were closed. By this procedure the pressure
record and the flow photograph were simultaneously
obtained.

Supplementary tests.—After the completion of the
original program, some additional tests consisting of
measurements of total-pressure loss behind the airfoil
and force tests of a 5-inch-chord duralumin airfoil were
made. For the measurements of total-pressure loss,
the individual tubes of a rake of impact tubes were
connected to a manometer and the pressure distribu-
tion and the total-pressure loss were simultaneously
measured. Owing to insufficient manometer equip-
ment, these tests were incomplete and the pressure data
include, except for one series of tests, the measurements
of pressure distribution and total-pressure loss for only
the upper surface of the model. Furthermore, the
schlieren apparatus had by this time been dismantled
so that no flow photographs were made.

The rake of impact tubes was made of 19 tubes
and extended from the tunnel wall to & point three-
fourths inch past the quarter-chord axis of the model.
The forward ends of the tubes were located one-half
inch behind the trailing edge of the model. The loca-
tions of the tubes are shown by the points on the plots
(figs. 18 to 20). Because of the relatively large spacing
of the tubes and the insufficient manometer equipment,
total-pressure losses for low speeds could not be accu-
rately obtained and the data as presented show only the
loss that occurred at high speeds after a compression
shock had formed. As previously noted, these measure-
ments were made after the main program had been
completed and are exploratory in nature. The results
should therefore be considered mainly for qualitative
purposes.

The force tests of a 5-inch-chord all-duralumin airfoil
were made in the manner described in reference 3. A
complete description of this model is given in reference
6. One important difference between the methods em-
ployed for the pressure-distribution fests and the force
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tests was the manner in which the models were mounted.
For the force tests, the model was mounted on the bal-
ance and extended across the tunnel, passing through
holes, which were of the same shape as but slightly
larger than the model, cut in flexible brass end plates
that preserved the contour of the tunnel walls.
leakage of air occurred around the model ends. The
pressure-distribution model was tested before the instal-
lation of the balance and was supported by the end
plates; the consequent tight fit permitted no appreciable
end leakage.

The balance, except for improvements that permit a
more accurate determination of the forces, is similar in
principle to the one used in the 11-inch high-speed
wind tunnel and the methods of operation are likewise
similar to those employed in the operation of the 11-
inch tunnel (reference 3).

Range of tests.—The speed range over which meas-
urements were made extended, in general, from one-

tenth the speed of sound to values in excess of the.

critical speed. The corresponding Reynolds Number
range was from approximately 350,000 to nearly
2,000,000. Tests were made for only small angles of
attack because the primary purpose of the experiments,
to discover the nature of the flow phenomens at the
critical speed, could be accomplished atsmall angles of
attack, and further, the extension of the tests to higher
angles of attack would add a considerable amount of
work without, it was felt, adding materially to the
fundamental significance of the results obtained. Ib
the supplementary tests, the force measurements were
made for the speed range and the angle-of-attack range
previously noted, but the pressure-loss measurements
were made only for speeds in the critical region.

RESULTS

The following symbols are used in this report:
¢, speed of sound.
V, speed of the general air stream.
%, local velocity of the air stream.
uy, local velocity in front of the compression shock.
ua, local velocity behind the compression shock.
p1, density in front of the compression shock.
ps, density behind the compression shock.
M, campressibility index, V/e.
v, specific-heat ratio; value taken, 1.4.
1., atmospheric pressure.
p, static pressure in the free stream.
Py, local static pressure (as at airfoil surface).
py, airfoil surface pressure in front of the compression
shock.
P, sirfoil surface pressure behind the compression
shocl. - )
P, pressure coefficient, (p,—p)/q (the ordinate of the
pressure-distribution diagram).

Thus,

P,, pressure coefficient for incompressible flow.

P., critical-pressure coefficient, that is, the pressure co-
efficient corresponding to the local velocity of
sound (0.528 p,—p)/q.

H, total pressure (or impact pressure). Free-stream
value of H equals p, for the 24-inch high-speed
wind tunnel,

H,, total pressure in front of the compression shock.

H,, total pressure behind the compression shock.

zfe, distance from leading edge in percent of chord.

The test data have been reduced to standard non-
dimensional form. The dynamic pressure ¢ and the
compressibility index M were determined by measure-
ments of the pressures at calibrated static-pressure
orifices in the tunnel wall. These orifices were con-
nected to the photorecording manometer and, like the
pressures acting on the surfaces of the airfoil, the
orifice pressures were determined by measuring the
deflections of the liquid in the manometer tubes as
shown on the photographic records. A detailed
description of the method for comput-ing ¢ and Af is
given in reference 3,

The pressure-distribution data are presented in
figures 8 to 5. Figures 6 to 8 are schlieren photo-
graphs, each of which corresponds to one of the pressure-
distribution diagrams given in figures 3 to 5. Plots of
the airfoil characteristics (lift coefficient C;, drag coeffi-
cient Cp, and pitching-moment coefficient Cu,,) obtained
from integrations of the pressure distribution end the
force-test data are presented in figures ¢ to 11 in a
form that illustrates the effect of compressibility.
Some of the more significant local effects of compressi-
bility are shown in figures 12 to 14. Figure 15 is in-
cluded to illustrate the effect that variations in Reynolds
Number may have on the local pressures.

The magnitude of the energy losses in the flow that
give rise to the large drag increases at high speeds is
illustrated by figure 17. Figures 18 to 21 show the
loss in total pressure behind the compression shock that
occurs at high speeds. In figure 22 a curve from which
the critical speed may be estimated is given and com-
parisons with the test data are included.

PRECISION

Inaccuracies arising from variations of the dynamie
pressure, directional variation of the flow across the
test section, and static-pressure gradient are insignifi-
cant. The tunnel-wall effect, however, is important,
particularly as related to the comparison of the results
of force and pressure-distribution tests. In the pres-
sure-distribution tests, the tight juncture of the model
and the tunnel wall permitted no appreciable end
leakage and, furthermore, measurements were made
only at the center section of the model; as a result, the
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data closely approximate those for two-dimensional
flow. For the force tests, however, there was a small
clearance where the model passed through the tunnel
walls, which appears, from preliminary investigations,
to necessitate an important correction for leakage as
well as for tunnel-wall effect.

Other errors are indicated by the scatter of the points
on the curves. For the pressure-distribution data,
figures 3(f), 3(k), 4(c), and 4(f) show that, for low
speeds, the accidental error is negligible; but, at speeds
approaching and beyond the critical, the error is in-
creased owing to the flow unsteadiness caused by the
compression shock. Integrations of the pressure-dis-
tribution diagrams are subject to additional errors
arising from variations in the fairing of the curves,
particularly in the region where compression shock may
occur, and the magnitude of these errors is included in
the point scatter in figure 9.

Errors in the integrated values of total-pressure loss
may be large owing to the small number of measure-
ments made in the wake of the wing and the correspond-
ing uncertainty in the drawing of the curves. These
data, however, are intended to show qualitatively the
magnitude of the loss and quantitatively the extent of

the flow disturbance at the compressibility burble.
When the data are used for these purposes, the errors
are insignificant. _ _

Balance calibrations before and after the force tests
agreed very closely. In general, force-test results can
be repeated to within 3 percent.

Further errors may arise from variations in the static-
plate calibrations and the effect of atmospheric hu-
midity. For these tests, however, there were no
measurable changes in the static-plate calibrations,
which were repeated several times during the progress
of the tests. Humidity effects under certain conditions
may be large because of the high expansion and the
consequent lowering of temperature that occurs as
the air is accelerated to the high speeds attained
in the high-speed wind tunnel. Preliminary tests,
however, indicated a value of the relative humidity
below which no measurable effects occurred and most
of the data were therefore taken for humidity condi-
tions corresponding to the region in which no
effects could be measured. A small amount of the
data was taken at conditions exceeding the indicated
limit, but the errors are included in the scatter of
the test points.
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(a} Ad=(.868

(b) Ad=xt). 696.
Ficurk 8.—Schlieren photogruphs of flow for the N. A. C. A. 4412 airfoll. em—2°.
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F1GURE 7.—Schlieren photograph of flow for the N. A. C. A. 4412 airfoil. aw=—0°15; M=0.717.

DISCUSSION

Examination of the pressure-distribution diagrams
and the flow photographs (figs. 3 to 8) will give a general
indication of the effect of compressibility and an illus-
tration of the nature of the flow changes that occur.
At low speeds, the shape of the pressure-distribution
diagrams is in agreement with the results of previous
low-speed tests. As the speeds are increased, however,
the area of the diagrams is incressed as a result of the
increnses in the value of the local pressure coefficient.
This change continues without appreciable modifica-
tion of the general flow pattern until speeds in the field
of flow equal or exceed the local speed of sound. Vhen
this condition occurs, there is a marked change in the
type of flow.

The important characteristic of the flow now estab-
lished is illustrated by figures 6, 7, and 8 A disturb-
anceis formed asindicated by the sharplines that project
outward from the airfoil approximately perpendicularly
to the airfoil surface. Correlation of the photographs
and the pressure-distribution diagrams show that the
location of the disturbance om the airfoil surface
corresponds to the loeation of the discontinuity in the
diagrams.

The dotted line on the diagrams shows the value of
the pressure coefficient corresponding to the attainment

of the local speed of sound. When values of the local
pressure coefficient rise above the value corresponding
to the local speed of sound, examination of the diagrams
and the flow photographs indicates that & compression
shock is formed which, with a further increase of speed,
becomes more intense and moves back along the airfoil,
ultimately reaching the trailing edge. Other data
(reference 1) show thaf, when the trailing edge is
reached, further increases in speed add considerable
downstream slope to the disturbance.

Previous studies of compressibility effects have been
based on force-test data; in order to correlate these
date with the results of the present investigation,
force-test data have been included in figures 9 and 10.
A strict comparison is not possible because of previously
explained differences in tunnel-wall effects for the force
and the pressure-distribution tests. Changes due to
compressibility, however, are comparable and it is
apparent from examination of the figures that the results
of the force tests and the integrated data obtained from
the pressure-distribution tests are in excellent agree-
ment regarding the effects of compressibility. As the
speed is increased, the lift at first increases, the increase
becoming greater until finally a speed is reached at
which there is a sudden loss of lift. The rate of increase
of lift is approximately the same for both the pressure-
distribution and the foree-test results, and the critical
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speed for equal lift coefficients is in approximate agree-
ment. Examination of the drag data illustrates rela-
tively little change in drag until the critical speed is
reached, when there is a rapid rise in the drag coeffi-
cient. It should be remembered, however, that the
pressure-distribution results give only the pressure drag
for approximately two-dimensional flow, whereas the

200142—40——T

force-test data include the friction drag and some in-
duced drag due to tunnel-wall effects.

The effects of compressibility on the pitching-moment
coefficient (fig. 9) are also in good agreement. As the
speed is increased, there is first a gradual increase in the
diving moment until the critical speed is reached, when
the moment undergoes large and rapid increases.

- ——
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Correlation of these data with the pressure-distribution
diagrams and the flow photographs (figs. 3 to 8) shows
that the critical speed is approximately the stream
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FiGURE Il,—Varlation of lift-curve slope for the N, A. C. A. 4412 airfol] with the

compressibility index Af.

velocity for which the local speed of sound is attained at
some point over the airfoil surface. The rise in drag

-8

- P

L0

and the loss in lift are therefore associated with the flow
change that occurs when the compression shock is
formed.

The data, in general, show that two types of flow
occur. The first type is a flow similar to the usual low-
speed type but changing progressively and uniformly
in such a way as to give rise to increasing pressure
coeflicients, which type of flow exists for speeds up to the
critical; that is, a flow with speeds nowhere exceeding
the local speed of sound. The second type is a flow
with compression shock in which speeds both above and
below sound speed occur,

COMPRESSIBILITY EFFECTS IN THE SUBSONIC REGION

Glauert and Ackeret (references 7 and 8) have
studied, theoretically, the effect of compressibility in
a potential flow and, although their methods of analysis
differed, both arrived at the same result. They found
that the lift for a given angle, or the lift-curve slope,
was increased by the amount 1/4/T—37% " The theoret-
ical result is in agreement with these experiments, as
shown in figure 11. Ordinarily, the agreement is not
so good as shown by this particular airfoil but the
theoratical variation does, in general, correlate the
differences in lift between high and low speeds providad,
of course, that the critical speed is not exceeded.
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Ackeret concluded trom his analysis that the local
induced-pressure differences, as well as the lift, would
likewise be increased; a comparison of the theoretical
result with the meximum negative pressures obfained
on the surface of the airfoil is given in figures 12, 13,
and 14. The location of the maximum negative-
pressure coefficient, the variation of the critical-pressure
coefficient, and the ratio of the maximum negative-
pressure coefficient to the critical-pressure coefficient
are also shown on the figures. The data show that
theory underestimates the compressibility effect when
“the maximum negative pressure occurs near the lead-
ing edge and when the speeds exceed four-tenths the
speed of sound. At —2° and —0°15° angle of attack
(figs. 12 and 13), the disagreement for the lower sur-
face is large. The location of the point of maximum
negative pressure for these two conditions is less than
5 percent of the chord from the lea,ding edge, as is
shown by the figures. When the maximum negative
pressures occur back of a,ppromma.tely 20 percent of
the chord, the theoretical variation is in good agree-
ment for speeds up to four-tenths the speed of sound,
but above this speed the theoretical and the experi-
mental results diverge. The practical significance of
this disagreement is important in that it affects the
accuracy of estimates of the critical speed; these esti-
mates will be discussed later.

The probable reasons for the dlscrepancy lie in the
assumptions and the approximations made in the de-
velopment of the theory. The most important assump-
tion affecting the accuracy of the theory concerns the
induced velocities, which are assumed to be negligibly
small; and, further, in order to obtain g usable result,
the speed of sound is assumed constant throughout the
flow field. The approximation for the speed of sound
can, in fact, be shown to ba equivalent to an assump-
tion of zero as the value of the induced velocity.

Disagreement with the theory may thus be expected
when the induced wvelocities, as is usual, depart con-
siderably from negligibly small values.

The development of a rigorous theory that would
enable the computation of the actual pressures appears
improbable for practical use, but examination of theo-
retical results available (references 5, 9, and 10) appears
to—indicate that, at least near the lea.ding edge, the
approximation 1/4/1—A4* is not completely descriptive
of the changes that may occur. It may be possible to
arrive theoretically at a result that agrees with the
experiments. The theoretical treatment is exceedingly
.complicated and an accurate result, if present methods
are used, can be arrived at only by a method of suec-
cessive gpproximations. The problem should, never-
theless, be further examined theoretically.

Apart from the discrepancies thus far discussed be-
tween the theory and the experiments, theory providesno
clue regarding the limits within which the application
of the theory may be expected to yield fair results. Any
effect that Reynolds Number variations may have and
the upper limit of speed to which the theory is applica-
ble must of necessity be determined from other sources.

The effect of Reynolds Number on the maximum
negative pressures obtained appears to be of no im-
portance within the range of these experiments. Figure =
15 shows the results of tests made of the same model af,
low speeds in the variable-density wind tunnel for the
Reynolds Number variation covering the data herein
presented (reference 11). The measured maximum
negative-pressure coefficients for the upper and the
lower surfaces are plotted against lift coefficient in
figure 15. It is apparent from the low-speed results
(M=0.08) that the Reynolds Number effects are in-
significant. The marked progressive displacement of
the curves for the higher speeds then indicates that the
pressure coefficients are far more seriously affecied by
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compressibility than by Reynolds Number within the
range of these tests. It isimportant to note, therefore,
that data taken at high Reynolds Numbers obtained
by increasing the speed must be corrected for com-
pressibility if they are to be applied at equal Reynolds
Numbers but at lower speeds.

The upper limit of the speed range to which the
theoretical allowance for compressibility effects may be
applied with fair results can logically be assumed to be
the speed at which the potential low postulated by the
theory fails as a result of the formation of a compression
shock. In itself, however, the theory indicates no
definite limit other than the speed of sound; therefore
other means for studying the condition must be used.
This problem will be further discussed in connection
with the derivation of methods for estimating the
critical speed.

COMPRESSIBILITY EFFECTS IN THE SUPERCRITICAL
REGION

The phenomensa in the supercritical region, that is,
for speeds above that at which the compressibilily
burble occurs, are entirely unrelated to those just dis-
cussed. The discontinuities in the pressure-distribution
diagrams and the corresponding schlieren photographs
indicate that compression shock occurs when the maxi-
mum velocity over a portion of the airfoil exceeds the
local speed of sound. With further increase in stream
velocity, the local velocities over the forward portion
of the airfoil continue to increase, greatly exceeding the
local speed of sound; the discontinuity, or compression
shock, moves rearward along the airfoil, ultimately
reaching the trailing edge. With further increase of
the stream velocity, other tests (reference 1) have
shown that the shock remeins at or near the trailing
edge but with considerable downstream slope, the slope
increasing with speed. The significant characteristic
of the flow in the supercritical region appears to be the
existence of supersonic speeds over a portion of the
airfoil and, of course, the compression shock that occurs
at the downstream boundery of the supersonic speed
region,

The occurrence of the compression shock can be
visualized from elementary considerations. It has
been shown that the speed of sound is the normal rate
of pressure propagation; therefore the high-pressure
low-speed field existing at the rear of the airfoil can
affect the flow in the supersonic region only at the
boundary. Within the supersonic field, the velocity
and the pressure at any point are thus uninfluenced by
conditions in the low-speed high-pressure region at the
rear of the airfoil; but ultimately the low-pressure air
must be compressed to return to equilibrium with the
air stream back of the model. Compression of the
supersonic air in smooth normal fashion requires, as
nozzle studies have indicated, a contraction of the
stream. The stream boundary formed by the airfoil,
however, is the reverse, forming effectively an expan-

sion; and, in supersonic flow, this expansion leads to
further increases in speed with still lower pressures.
As the low-pressure eir cannot pass off into the high-
pressure region without sefting up the obvious impos-
sibility of tension, some unusuel type of flow must
occur.

Imagine, momentarily, that the low-pressure air of
kigh kinetic energy meets the high-pressure region and
that equilibrium is established through interchange of
the kinetic energy of the molecules of the low-pressure
and the high-pressure air, If the layer through which
equilibrium was brought about were infinitely thin,
then the obvious impossibility of regions of tension in
the air is circumvented. In the energy interchange,
the pressure of the air of supersonic speed would be
increased to values that would permit normal com-
pression over the rear part of the airfoil, and these
values would generally exceed the pressure corre-
sponding to the local speed of sound. Following the
layer or compression shock, subsonic speeds would
occur and compression over the remaining portion of
the airfoil would take place in the normal manner.
Within the compression shock, however, & considerable
amount of kinetic energy would be dissipated in the
energy interchange because of the internal friction, or
viscosity, of the air. The energy dissipated by the
internal frietion, or viscosity, would be converted into
heat, thereby becoming unavailable to the flow, and
would appear in the filow as decreased total pressure or
increased drag on the model.

The movement of the shock front with increasing

speed is not well understood, but it is possible to.

reason why the shock front should move rearward with
increasing speed. If the influence of any local pres-
sure disturbance is considered to be transmitied in all
directions at the normal speed of sound, at any and all
time intervals a pressure disturbance at the trailing
edge will proceed from the trailing edge at the local
speed of sound. The forward-moving portion of the
disturbance, however, travels at a speed that decreases
because of the increasing local velocity of flow at
points close to the sirfoil surface. Finally, the for-
ward-moving portion of the disturbance is stopped at a
point where its local velocity equals the local stream
velocity; o sharp front thus results as the continuous
disturbance from the treiling edge piles up. In the
shock front, however, the local speed of sound is in-
creased over the normal stream value owing to the
intensity of the disturbance that has now been formed
and because of the increased speed of sound resulting
from the temperature or heat increase at the shock.
The velocity at the front thus exceeds the normal speed
of sound in the stream. TUltimately, however, an equi-
librium is reached at some point on the airfoil where
the supersonic speed over the forward portion is equal
to the local speed of propagation of the disturbance.
At this point, then, the transverse compression shock
is stationary. Now, with increasing stream velocity,
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the local velocities in front of the shock are increased
and the shock front therefore tends to be swept farther
back to a new equilibrium position. The intensity of
the shoek tends to become semewhat more severe, as
indicated by previous discussion; but it appears from
the experimentel data that the increase in local speed
of sound at the shock front is not so rapid es the in-
crease in the local velocity of flow over the forward
portion of the airfoil with increase of stream velocity.
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If this condition is assumed, then, the shock front must
move to the rear with an increase in speed.

Similar phenomena have been ohserved in nozzles
operating with excessive back pressure (reference 12).
Prandtl and others have examined the phenomena and
find that considerable energy is lost in the compression
shock. Briefly, the high-speed air at the compression
shock loses a large amount of kinetic energy, only a
part of which is recovered as pressure; and the remain-

ing energy, becoming unavailable to the flow, appears.

as heat. From studies of the phenomena occurrmg in
a nozzle, formulas for calculating the increase in pres-
sure due to the compression gshock have been derived.
These methods were first applied to an airfoil in refer-
ence 2. From the pressure formula of reference 2,

o 7—1[ +1( I:I“

figure 16 has been prepared to compare the results of
the calculated and the measured pressures behind the
shock. The measured date are for the airfoil upper
surface for an angle of attack of 1° 52.5%, and the data
are plotted as ratios of the local absolute pressure to

REPORT NO. 646—NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

the total pressure or the pressure at the stagnation
point of the airfoil.

Because the theory does not give a clear indication
of the point at which the compression shock occurs,
the theoretical curves of figure 16 were determined by
assuming that shock may occur for any pressure in the
supersonic-flow region of the airfoil and then computing
the corresponding pressure after the shock. The dif-
ference between the theoretical and the experimental
curves. at—any point along the chord thus shows the
theoretical increment of pressure if shock had occurred
at that point on the airfoil. The location of the shock
is shown by the experimental results and therefore, at
this location, the measured and the theoretical pressure
changes in the actual shock can be compared. It is
apparent that the calculated pressure increases far
exceed the measured values.

There are several reasons for the discrepancy.
Fundamentally, however, the theory of simple shock
assumes compression in an infinitely thin layer from
the pressure corresponding to the maximum flow
velocity in front of the shock to the final pressure after
the shock. Actually, the compression does not take
plaee in this manner. Some of the diagrams indicate
that some small compression occurs smoothly, and
probebly without material energy loss, just before the
shock; likewise, behind the shock, a similar condition
appears. Further, the shock does not occur in an
infinitely thin layer. These effects would tend to
lessen the infensity of the shock by allowing less de-
celergtion of the more rapidly moving molecules in the
gupersonic region. In the computation of the. theo-
retical pressure increments, the one-dimensional-flow
equations are used, which are based on the assumption
that the flow passes through the shoek perpendicular
to the wave front; the possibility of separation and the
effect that it may have on the direction of the flow are
not considered. Separation is extremely likely, be-
cause the shock is, in effect, a large adverse-pressure
gradient: Considerable further experimentation ap-
pears to be necessary.

The magnitude of the kinetic-energy loss in the
shock for all the data has been computed from the
pressure-distribution data and the results are shown by
the plotted points in figure 17. The abscissas have
been taken as the ratio of the local pressure in front
of the shock to the total pressure in front of the shock,
rather than the compressibility index of the air stream
M, to permit better correlation of all the data. IHad
the air stream A{ been chosen for the abscissas, the
data for each angle of attack would have been displaced
and no clear indication of the eritical pressure at which
the shock forms could have been obtained. The ordi-
nates, the kinetic-energy-loss coefficients, represent the
difference between the kinetic-energy change in the
shock and the work done by the air in overcoming the
pressure difference at the shock divided by the kinetic
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energy in front of the shock. When no shock occurs,
the value of the kinetic-energy-loss coefficient is zero.
Briefly, the formula is derived as follows:

e _ K. E. ¢ AK. E.—(work done)
ELTK.E, K. E,

where Kg . is the kinetic-energy-loss coefficient and
K. E., is the kinetic energy in front of the shock. Ifit
is assumed that

p1UL=p2U3
and Pa—Dr=p1% (U —Us)
where u 1s the local velocity of the air stream,
2
.@) —1
1

Kyr=

GG

In the computation of the values of Kz, shown in
figure 17, the pressures are taken from the pressure-
distribution diagrams of figures 3 to 5. In general,
the value of p; appears to be near the pressure corre-
sponding to thelocal speed of sound in front of the shoek.
The values of p, and p; taken for the calculations are
indicated by the arrows on the pressure-distributio

diagrams. :

The experimental data are consistent in regard to the
amount of kinetic energy lost for any given pressure
ratio but the actual loss is approximately half the theo-
retical value. The discrepancy arises for exactly the
same reasons that the experimental and the theoretical
pressure increments in the shock fail to agree. Theo-
retically, it is assumed that the shock is an infinitely
thin layer and that all the compression occurs within
the layer. The pressure diagrams show that the dis-
turbed region is rather wide and indicate that the actual
discontinuity is preceded and followed by regions of
increasing pressure in which there is probably no loss.
Very little is actually known of the flow in the dis-
turbed region but the existence of a region of adiabatic
compression immediately ahead of the shock, in particu-
lar, should be further investigated to determine the
possibility of extending this region and thus of obtaining
reduced shock intensity or a delayed compressibility
burble.

The loss in totel pressure caused by the shock on the
upper surface of the airfoil is shown in figures 18 to 21.
Figures 18 to 20 show the distribution of the loss and
the pressure-distribution diagrams for the upper surface
of the airfoil. No loss due to compression shock occurs
until the stream velocity exceeds the local speed of
sound. For even small speed increments above the
critical, however, there are large increases in the fotal-
pressure loss. The extent of the shock in & direction
perpendicular to the chord in extreme cases (speeds at
the trailing edge in excess of sound speed) is large and is
approximately 130 percent of the chord. The shock
thus extends about half the tunnel radius from the
model. Near the model ends, therefore, there may be

some tunnel-wall effect that may tend to intensify the
shock locally. This effect, however, should not be of
importance at the center section where these measure-
ments were made.

Integrated values of the total-pressure loss due to the
compression shock are a measure of the drag increments
experienced by the airfoil. These values for all the
angles of attack investigated are shown in figure 21
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against the pressure ratio p,/H and, though only quali-
tative as previously explained, the increase of the loss
with decrease of pressure ratio p,/H or increase of speed
is consistent with the increase that might be expected
from pressure-distribution and force-test data.

The theoretical total-pressure loss appears to be
somewhat less than the values measured and integrated,
which indicates a serious loss other than the direct shock
loss. This possibility is further illustrated by the pres-
sure change in the shock, indicated by the total-pres-
sure measurements shown in figures 18 to 21. These
pressure differences were obtained by assuming the total-
pressure loss in the shock to be represented by the maxi-
mum value of the ratio (H—H,)/H outside the normal
wake region. From the theoretical relation, the cor-
responding value of the pressure in front of the shock
was determined and the corresponding pressure behind
the shock was computed. The very large disagreement
between the pressure changes thus shown and the
measured values indicated by the pressure-distribution
diagrams can hardly be accounted for by any of the
previously discussed limitations of the theory. The
results seem to indicate energy losses in addition to the
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kinetic energy dissipated in the shock. Considerable
further investigation appears necessary before complete
understanding of the compressibility-burble phenome-
non can be achieved.

THE CRITICAL SPEED

1t is apparent from the preceding discussion that the
most important detrimental effects arising from com-
pressibility phenomena do not appear until the critical
speed is reached. It is important to know the value of
the critical speed for many applications, such as propel-
ler problems and future high-speed aircraft, particularly
those designed to operate at altitudes where, owing to
the low temperature, the speed of sound is low. The
theory thus far developed is not explicit and the first
work of consequence was the electric analogy used by
G. 1. Taylor (references 13 and 14). From this method
Taylor found that, when approximately the local speed
of sound was attained, the theoretical potential flow
failed. Further analytical examination (references 15
and 16) indicated that certain hypothetical flows could
exceed the speed of sound without compression shock
but by only a few percent. For engineering approxi-
mation, this work indicates that the critical speed can
be taken as the value of the translational velocity at
which the sum of translational and induced velocities
equals the local speed of sound.

This assumption is substantiated, in general, by the
data reported herein. The kinetic-energy-loss data,
nearly all of the pressure-distribution data, and the
total-pressure measurements indicate that the com-
pressibility burble occurs when the local speed of
sound is reached or only slightly exceeded. Using this
assumption and the relation

Pt
T A1-A2

where P is the incompressible or low-speed local-pres-
sure coefficient, Jacobs, by placing P equal to the value
corresponding to the speed of sound, devised a relation
for the critical speed. (See reference 2.) The curve
derived is given in figure 22. The abscissas are the
low-speed or incompressible-flow values of the local-
pressure coefficients and the ordinates are the critical-
speed indices. A variation of this curve with abscissas
equal to the thickness-chord ratios for elliptic cylinders
is given in reference 17. For purposes of comparison,
however, Jacobs’ original curve is given. Results from
these and other experiments are shown as the plotted
points. The points shown for the circular cylinder are
based on Stanton’s pressure-distribution experiments
(reference 18) and potential-flow theory, aend the
critical speed is based on low Reynolds Number experi-
ments in the 11-inch high-speed wind tunnel.

All the experimental results indicate lower critical
speeds than shown by the curve. The airfoil data for
conditions in which the maximum negative pressure
occurs near the nose indicate lower critical speeds than
the other airfoil data. The reason for the difference

95

is the underestimation of the compressibility effect by
the theoretical term 1/4/1—AT?, a detailed discussion of

Lo 17T 17T 17T 17 71V T 17T 17T 1771711
Estimated from theoryfref 2) 4 —
ol\ 0 x NACA 4412 airfoil; xMax. | |
: induced pressure occurs
- pear leading edge +—
8 D Ellipfic cylinders(ref. 17)
c\ & Circular cylinders
| (B, from low Reynolds Number |
T - experiment's)
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5 N (B, from theory)
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E"S ]
P e ==
J
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4
g 1.0 3.0 40

20

Omax

FicURE 22.—Critlcal-speed ratio for varlons values of the maximnm Induced pressare
reduction for compressible flow.

which has previously been given. From the variation
shown by the curve and the experimental points, how-
ever, reasonably accurate estimates of the critical speed
may be obtained for flows spproximating two-dimen-
sional conditions.

CONCLUSIONS

1. The physical nature of the flow change called the
compressibility burble is shown. The large drag incre-
ments occurring at high speeds are associated with the
kinetic-energy losses caused by a compression shock
and these losses appear in the flow as decreased total
pressure.

2. The theoretical information available is applicable
only for speeds below the critical, that is, below the
speed at which the compression shock forms; and, even
in this range, the theory appears greatly to underesti-
mate the compressibility effect for certain conditions.

3. The date permit a reasonably accurate estimation
of the critical speeds for approximately two-dimensional
flows.

4, Further theoretical study and experiment are
desirable to enable more accurate prediction of the
critical speed for two-dimensional flow and an extension
of the present knowledge to three-dimensional condi-
tions. The fundamentals of the disturbed flow should
be further investigated experimentally to determine
completely the nature of the actual flow from which it
may be possible to effect a delayed compressibility
burble.

LaNGLEY MEMORIAL AERONAUTICAL LABORATORY,
NaTtioNat Apvisory COMMITTEE FOR AERONAUTICS,
LaxeLEY Fizrp, Va., July 6. 1938.
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